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A slow spiral transfer from the Earth to the Moon is calculated for the estimation of the total ionizing dose contributed from the
Earth’s radiation belts and energetic interplanetary solar protons. The Lagrange planetary equations are employed to calculate the evo-
lution of the initial orbital parameters due to the thrust forces of the spacecraft. The trajectories from the equations are used for the
numerical modeling of the populations of energetic particles in the radiation belts and interplanetary space. Transportation of these par-
ticles across model spacecraft indicated that an initial eccentric orbit, with periapsis and apoapsis corresponding to the low-altitude and
geostationary orbit, slowly traverses the Earth’s intense radiation belts. This traversal of the Earth’s radiation belt dominantly determi-
nes the expected amount of ionizing dose with a signiﬁcantly smaller contribution from the energetic solar protons. Several conﬁdence
levels for the numerical models are considered to provide statistical variations of the expected dose. The analysis, as applied to the recent
mission concept of the lunar exploration with CubeSat, ﬁnds that substantial improvement of the current technology is still necessary in
order to allow for the realization of this idea.
 2015 COSPAR. Published by Elsevier Ltd. This is an open access article under the CC BY-NC-ND license (http://
creativecommons.org/licenses/by-nc-nd/4.0/).
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Since the visit of the unmanned spacecraft Luna in 1959
and the manned spacecraft Apollo in 1968 (Heiken et al.,
1991), the Earth’s Moon has remained as the astrophysical
object that has been the most accessed by spacecraft. The
early success of the direct exploration of the Moon by
the Luna and Apollo spacecraft further solicited participa-
tion by other countries, such as Japan (Uesugi et al., 1991),
Europe (Foing et al., 2003), India (Goswami and
Annadurai, 2009), and China (Huixian et al., 2005). Provi-
sional missions by other countries, such as Korea (Kim
et al., 2014) or industries (http://www.googlelunarxprize.http://dx.doi.org/10.1016/j.asr.2015.01.018
0273-1177/ 2015 COSPAR. Published by Elsevier Ltd.
This is an open access article under the CC BY-NC-ND license (http://creative
⇑ Corresponding author. Tel.: +82 31 201 3282; fax: +82 31 204 2445.
E-mail address: jhseon@khu.ac.kr (J. Seon).org/) have also been proposed. The lunar missions have
often been achieved with mission objectives and agendas
set forth by national space agencies at relatively high costs;
costs which to some degree have limited frequent access for
innovative scientiﬁc explorations. However, it is notewor-
thy that recent mission concepts utilizing miniaturized
spacecraft (Garrick-Bethell et al., 2013; Martel et al.,
2012) may allow us to achieve challenging missions and
additional access with signiﬁcantly reduced budgets and
schedules. While it is a signiﬁcant step forward to investi-
gate the Moon–Earth system, the realization of this con-
cept is still limited by several factors, such as the physical
size, available electrical power, accuracy of the attitude
control, and the propulsive device. Consideration of the
existing technology strongly indicates that electric propul-
sion devices that are characterized with high fuel eﬃciencycommons.org/licenses/by-nc-nd/4.0/).
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to the Moon, but the slow passage of the Earth’s radiation
belts owing to the low thrust adds concerns about the
radiation eﬀects from the ionized population between the
Earth and Moon. This radiation eﬀect practically determi-
nes the lifetime of the spacecraft electronics. The purpose
of this study is to calculate the amount of ionizing radia-
tion doses corresponding to the slow transition of the
spacecraft trajectory to the lunar orbit.Fig. 1. Deﬁnition of Keplerian elements. The orbital elements to describe
the trajectory of spacecraft are illustrated in association with an inertial
reference frame. The x-axis points toward the vernal equinox and the
y-axis is perpendicular to the x-axis in the ecliptic plane. The semi-major
axis (a), the eccentricity (e), the inclination (i), the right ascension of the2. Calculation method
The analysis is started with the calculation of the slow
transfer of the spacecraft followed by the numerical
modeling of the charged particle populations along the
trajectory, and then the calculation of the shielding dis-
tribution and the total ionizing dose (TID) at speciﬁed
locations. Part of the present study utilizes the methods
of previous investigations by Seo et al. (2012), Kim
et al. (2012) and Yoon et al. (2014). A summary of the
tasks executed at each step of the calculation is given
in the following sections.ascending node (X), and the argument of periapsis (x) constitute, together
with the mean anomaly at the initial position (M0), a set of six constants of
motion that are preserved in the absence of perturbation.2.1. Spiral orbits to the Moon
We use the Lagrange planetary equations to describe the
slow evolution of the orbital parameters. The equations
describe the time rate change of the classical Keplerian
orbit elements subject to the perturbation forces. The cen-
tral force problem under the gravitational interaction
between the Earth and the satellite yields a set of six con-
stants of motion ða; e; i;X;x;M0Þ, where a is the semi-ma-
jor axis, e is the eccentricity, i is the inclination, X is the
right ascension of the ascending node, x is the argument
of perigee, and M0 is the mean anomaly of the initial posi-
tion. The parameters a and e determine the size and shape
of the orbits, whereas the three angles: i, X, and x, are a set
of Euler angles specifying the orientation of the orbit plane
and the line of periapsis. An illustration of the Keplerian
orbital elements in relation to the inertial frame of refer-
ence is provided in Fig. 1.
The small thrust force exerted by the spacecraft is con-
sidered to be a perturbation to the constants of motion
in the inertial frame. The Gaussian form of the Lagrange
planetary equation (Kemble, 2006) is then obtained as fol-
lows with the assumption of osculating orbits for which the
actual trajectory is approximated with a particular set of
Keplerian elements as a function of time:
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where T is the thrust force per mass in the unit of N/kg, the
subscripts r and h refer to the radial and azimuthal direc-
tion in the orbit plane, l  GME is the product of the
gravitational constant G and the mass of the Earth ME,
and E is the eccentric anomaly of the spacecraft trajectory,
respectively. The x-axis of the orbit plane is conventionally
deﬁned along the direction of periapsis. The y-axis is per-
pendicular to the x-axis in the orbit plane. There are several
limiting assumptions in this analysis. We will ﬁrst assume
that the thrust force is only applied in the plane of the
orbits. More sophisticated maneuvers should be possible,
but at this stage this maneuver is expected to provide a sim-
ple, yet quantitative, estimate for the ionizing dose without
sacriﬁcing the mission concept. We also assume that the
initial eccentricity is ﬁnite. This assumption avoids the sin-
gularity of the equations in x that represents the slow rota-
tion of the argument of the periapsis measured from the
ascending nodes in the inertial frame. Such singularity in
the variable of the Lagrange planetary equations is well
known (Hudson and Scheeres, 2009; Fitzpatrick, 2012)
and partly related to the fact that the periapsis becomes
ill-deﬁned for nearly circular orbits. It is a mathematical
problem that does not bear direct physical consequences.
For more general treatment of the circular orbits, a change
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formed in this study. Eqs. (1)–(3)are solved with a standard
numerical method of the fourth order Runge–Kutta
method (Press et al., 1986).
We start our analysis by assuming reasonably plausible
orbits with ﬁnite eccentricity. The orbit is consistent with
the mission orbit of the recent investigation (Garrick-
Bethell et al., 2013). It should be considered to be one of
the closest orbits fromEarth thatwould allow for the realiza-
tion of the slow transfer to the Moon, because the results
from the present analysis found that an already suﬃcient
TIDwas anticipated. Any less distant orbits will provide sig-
niﬁcantly higherTID,which, in turn,willmake the success of
the mission less likely. The primary concern in this study is
the ﬁrst estimate of the TID associated with a CubeSat
slowly spiraling around the Earth’s magnetosphere from
the low altitudes across the radiation belt. For radial
distances signiﬁcantly greater than the Earth’s radiation
belts, the validity of the perturbation equations diminish,
because the central force assumption from the center of the
Earth breaks down due to the increased lunar gravitational
forces. However, at these distances, the relative contribution
to the estimate of the TID also becomes signiﬁcantly smaller,
because the Earth’s intense radiation belts are further away.
This point is discussed again in Section 3.
2.2. Numerical radiation environment model
The modeling routine ﬁrst takes the mission orbits from
the previous section, since signiﬁcant variation of the local
population of charged particles is expected depending on
the trajectory of the spacecraft. The numerical modeling
of the charged particle populations is performed with
SPENVIS (Heynderickx et al., 2000). There were two
major radiation sources that determine the amount of
TID, the trapped charged particles and the solar particles.
For the trapped population of the charged particles, the
AP-8 and AE-8 models (Vette, 1991) are used to calculate
the spiral transition across the intense Van Allen radiation
belt (Van Allen et al., 1959). Only the maximum solar
activities are considered for the analysis, taking into
account a critical parameter of the conﬁdence level of the
models. The level corresponds to the probability of having
ﬂuxes higher than the speciﬁed values given by the relation:
1 – conﬁdence level. Therefore, a conﬁdence level of 84.1%
corresponds to a 15.9% chance of having particle ﬂuences
higher than the speciﬁed level.
Outside of the Earth’s radiation belt, the interplanetary
space between the Earth andMoon is dominated by the ﬂow
of protons from the Sun. The total ﬂuence of solar particles
is of direct interest to spacecraft designers and is usually a
combination of slow change over the 11-year cycle of solar
activity superimposed by a few discrete solar proton events
with large ﬂuxes of high-energy protons. Statistical analysis
shows that a small number of very high ﬂuence events prac-
tically dominate the total ﬂuence (Feynman et al., 1993;
Rosenqvist et al., 2005). The model in the present study isan outcome of cumulative data sets over a few decades of
observations in space, including the most recent measure-
ments made at geosynchronous orbits. The model of the
solar proton ﬂuence also needs a conﬁdence level as a criti-
cal input. We use the JPL-91/Rosenqvist model (Feynman
et al., 1993; Rosenqvist et al., 2005) for solar protons. For
the sake of consistency, the same level of conﬁdence is main-
tained as for the trapped populations.
2.3. CubeSat
The dimension of a standard 1-unit (U) CubeSat is
100  100  100 mm3. In our analysis, we only consider
3-U CubeSats, because the severe restriction in mass, vol-
ume, and power for smaller units make them unlikely to
be adequate for the assumed missions. If a comparison is
to be made for diﬀerent units, then the previous results
by Seo et al. (2012) should be referred to in order to esti-
mate how the results may vary depending on the CubeSat
sizes. In general, CubeSats have relatively thin shielding
thicknesses against the penetrating charged particles due
to less blocking weight. Therefore, the ionizing radiation
in space becomes a critical issue to CubeSat missions.
3. Results
The solution from the Lagrange planetary equations for
the spiral trajectory from the Earth to the Moon is given in
Figs. 2 and 3. In order to solve the equations, it has been
assumed that the thrust force per unit mass is 0.0005 N/
kg and 0.001 N/kg, respectively. This range of thrust forces
is selected to include those that could be realized with the
current state of propulsion technology. For example, the
SMART-1 mission to the Moon has a speciﬁc thrust of
0.0002 N/kg (Foing et al., 2003) and the state-of-art Micro
Electro Mechanical Systems (MEMS) electric propulsion
device that is currently under intensive investigation pro-
vides up to 0.0005 N/kg (Garrick-Bethell et al., 2013).
The higher thrust force of 0.001 N/kg in this analysis is
anticipated to cover the projected estimate that should be
available in the near future. The results in the ﬁgures show
that the semi-major axis gradually increases to yield larger
radial stances with cyclic variations of the orbit elements
over a shorter time scale of the orbital period. The calcula-
tions are performed up to the radial distances correspond-
ing to the semi-major axis of 35 RE (RE = 6377 km),
because the Eqs. (1)–(3)become singular due to the small
eccentricity at these distances. For the estimation of the
remaining transfer time to the Moon, we use the approxi-
mate relationship (Kemble, 2006) between the transfers of
the circular orbits as follows:ﬃﬃﬃﬃ
l
a0
r

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r
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where T is again the thrust per unit mass, Dt is the transfer
time, and ao and af are the initial and ﬁnal radii, respectively.
Therefore, from the radius of 35 RE, where our calculation
Fig. 2. Spiral solution from the Lagrange planetary equations. The spacecraft follows a set of spiral trajectories owing to a small thrust force of 0.0005 N/
kg to deviate from the previous Keplerian elements. The left ﬁgure is a plot of the trajectory on the ecliptic plane centered at the position of Earth viewed
from the north. Shown together with the spacecraft trajectory is the location of the model magnetopause (Shue et al., 1998). On the right hand side, secular
variations of the semi-major axis (a) and the eccentricity (e) are plotted. The calculation is terminated at a radial distance of approximately 35 RE
(RE = 6377 km), because the validity of the equation diminishes and the Lagrange equations become singular as the eccentricity from the solution
approaches zero. However, at these locations, the spacecraft has already passed the Earth’s intense radiation belt which practically determines the results
of this analysis.
Fig. 3. Spiral solution from the Lagrange planetary equations for T = 0.001 N/kg. The format of this ﬁgure is the same as that of Fig. 2. The transition
duration across the Earth’s magnetosphere is shorter due to the larger thrust force for this case.
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of the lunar orbit of 60 RE, it takes approximately 7.4 addi-
tional days to yield a total transfer duration of
approximately 80 days for the case of 0.0005 N/kg. The
same calculation shows approximately 3.7 days to yield
approximately 40 days for a 0.001 N/kg thrust force. With
a linear scaling-down of the total transfer time with respect
to the thrust force per mass, this estimation is consistent
with other estimations based on more sophisticated analy-
sis (Garrick-Bethell et al., 2013; Song et al., 2009).
We summarize the results corresponding to the thrust
forces of 0.0005 N/kg and 0.001 N/kg in Tables 1 and 2,
respectively. During the spiral trajectory within the magne-
tosphere, the major contribution to the ﬁnal ionizing doseis determined by the trapped population of electrons and
protons. These particles are modeled with AP-8 and AE-
8 models for the trapped protons and electrons, respective-
ly. No signiﬁcant contribution from the cosmic rays is
obtained from the models. We also needed to specify the
level of solar activity and the conﬁdence level to use the
AP-8 and AE-8 models. Three conﬁdence levels of 50%,
84.1%, and 97.7% are considered. The 50% conﬁdence level
yields the average from the numerical models, whereas the
higher conﬁdence levels (84.1% and 97.7%) correspond to
those up until single (1r) and double (2r) standard devia-
tions above the averages, respectively. We have considered
only the solar maximum period to have an estimate for the
upper limit of the expected ionizing dose.
Table 1
Expected total ionizing dose (TID) for various points within a 3-U CubeSat for the conﬁdence levels of 50.0%, 84.3%, and 97.7% for a thrust force of
0.0005 N/kg. These conﬁdence levels correspond to the probability of observing the average ﬂuence for the trapped particles and solar protons, with the
ﬂuence not exceeding the value of one standard deviation (1r) above the average and the ﬂuence not exceeding 2r above the average. The calculation
points are illustrated in Fig. 4. The calculation is made for the period of solar maximum, because there is no numerical model of the solar protons for the
solar minimum.
Solar max./thrust force = 0.0005 N/kg
Conﬁdence level = 50.0% Conﬁdence level = 84.1% Conﬁdence level = 97.7%
Trapped
particles
Solar
proton
Total
(krad
(Si))
Trapped
particles
Solar
proton
Total
(krad
(Si))
Trapped
particles
Solar
proton
Total
(krad
(Si))
Calculation
position
1st 4.7 0.2 4.9 18.2 1.4 19.6 76.1 9.4 85.5
2nd 2.3 0.2 2.5 8.9 1.2 10.1 36.7 8.7 45.4
3rd 1.8 0.2 2.0 6.6 1.2 7.8 26.9 8.3 35.2
4th 2.2 0.2 2.4 8.1 1.2 9.3 33.5 8.6 42.1
5th 6.2 0.3 6.5 24.2 1.5 25.7 100.6 10.1 110.7
6th 5.2 0.3 5.5 20.3 1.7 22.0 85.2 11.8 97.0
Table 2
Expected total ionizing dose (TID) for various points within a 3-U CubeSat for the conﬁdence levels of 50.0%, 84.3%, and 97.7% for a thrust force of
0.001 N/kg.
Solar max./thrust force = 0.001 N/kg
Conﬁdence level = 50.0% Conﬁdence level = 84.1% Conﬁdence level = 97.7%
Trapped
particles
Solar
proton
Total
(krad
(Si))
Trapped
particles
Solar
proton
Total
(krad
(Si))
Trapped
particles
Solar
proton
Total
(krad
(Si))
Calculation
position
1st 2.3 0.2 2.5 9.1 1.4 10.5 38.0 9.4 47.4
2nd 1.2 0.2 1.4 4.4 1.2 5.6 18.3 8.7 27.0
3rd 0.9 0.2 1.1 3.3 1.2 4.5 13.5 8.3 21.8
4th 1.1 0.2 1.3 4.1 1.2 5.3 16.7 8.6 25.3
5th 3.1 0.3 3.4 12.0 1.5 13.5 50.1 10.1 60.2
6th 2.6 0.3 2.9 10.1 1.7 11.8 42.5 11.8 54.3
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eled with the JPL-91/Rosenqvist model (Feynman et al.,
1993; Rosenqvist et al., 2005) for the same three conﬁdence
levels. The ionizing dose from the solar proton is calculated
for the period of the solar maximum only because the inter-
planetary solar proton doses are primarily determined by
the occurrence of a few, but strong, energetic solar proton
events. The occurrence of such events is signiﬁcantly less
frequent during the minimum solar activities. In fact, there
is no numerical model for the interplanetary solar protons
for the period of minimum solar activities. The ﬂuence
from solar protons is calculated over a period of one year,
although the actual duration of the spacecraft outside the
Earth’s magnetosphere to the lunar orbit is signiﬁcantly
shorter. This is due to the fact that the statistical model
of JPL-91/Rosenqvist is not valid for a duration shorter
than a year, which is largely associated with the fact that
the majority of solar ﬂuence is determined by a few strong
energetic solar proton events.
There were six points considered within the CubeSat for
the TID calculation. Each point is chosen to represent the
standardized structure of the CubeSat. The ﬁrst ﬁve points
correspond to the internal positions associated with the
spacecraft electronics and the sixth point is positionedwithin the 2-mm-thickness aluminum box to model the
payload of the spacecraft as illustrated in Fig. 4. The
results of the studies by Seo et al. (2012) and Yoon et al.
(2014) should be referred to for more detailed descriptions.
The results in Table 1 show that for the slower transfer to
the Moon, approximately 2–8 krad (Si) of the TID should
be expected depending on the position within the space-
craft with a conﬁdence level of 50%. For higher conﬁdence
levels of 84.1% and 97.7%, one should expect a range of 8–
26 krad (Si) and 35–110 krad (Si), respectively. For the fas-
ter transfer with a thrust force of 0.001 N/kg, the expected
range of the TID became 1–4 krad (Si), 4–14 krad (Si), and
20–60 krad (Si) for the conﬁdences level of 50%, 84.1%,
and 97.7%, respectively. These results are summarized in
Table 2.
In Fig. 5, we calculate the daily TID for the transfer
with a thrust force of 0.0005 N/kg. The result corresponds
to the 1st calculation position within the spacecraft (Fig. 4)
and a conﬁdence level of 84.1%. The result clearly demon-
strates that the expected TID is primarily determined when
the spacecraft is at lower altitudes. The variations of the
semi-major axis and the eccentricity until day 40 indicate
that the orbit of the spacecraft periodically traverses the
Earth’s intense outer radiation belt where energetic
Fig. 4. Illustration of calculation points for the estimated total ionizing
dose (from Fig. 3 of Seo et al. (2012)). There are six points considered
within the CubeSat for the TID calculation. Each point is chosen to
represent the standardized structure of the CubeSat. The ﬁrst ﬁve points
correspond to the internal positions associated with the spacecraft
electronics, whereas the sixth point is positioned within the 2-mm-
thickness aluminum box to model the payload of the spacecraft (Seo et al.
(2012)) as illustrated in Fig. 4.
Fig. 5. Daily ionizing dose from the trapped electrons for the spiral path
in Fig. 2. The result in the ﬁgure demonstrates that the expected TID is
primarily determined when the spacecraft is at lower altitudes. During the
period of sampling, with considerable amounts of TID, the orbit of the
spacecraft periodically traverses the Earth’s intense outer radiation belt
where energetic electrons are abundant in spatial regions extending up to
10 RE.
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to 10 RE. However, no signiﬁcant contribution is found
for the later transfer period, from approximately day 40
to the arrival of the lunar orbit. During this later transfer
period, only relatively smaller contribution from the solar
protons in the interplanetary space is anticipated.4. Summary
We have calculated the amount of the expected TID
during a slow transfer from the Earth to the Moon. This
slow transfer is due to the assumption of an eﬃcient thrus-
ter device that allows signiﬁcantly smaller spacecraft to
explore space. Trapped particles within the Earth’s magne-
tosphere and solar particles are included in the analysis.
There were two thruster forces per unit mass employed in
the analysis, 0.0005 N/kg for the current thruster tech-
nology and 0.001 N/kg for the future technology to be
available within a decade. The analysis is conducted for a
3-U CubeSat in order to substantiate the recent mission
concept to explore the magnetic properties of the lunar sur-
face (Garrick-Bethell et al., 2013), but do not need to be
limited to the speciﬁc spacecraft. The Lagrange planetary
equations in Gaussian form are used to obtain the trajecto-
ry from the assumed thrust forces. For the smaller thrust
force of 0.0005 N/kg, it takes approximately 80 days to
transfer from the initial eccentric orbit to the lunar orbit.
It is assumed that the periapsis and apoapsis are 800 km
and 35,786 km, respectively, for an initial orbit. For the
thrust force of 0.001 N/kg, it is expected to take
approximately 40 days to complete the transfer.
Based on the model trajectory, a sequence of calcula-
tions is undertaken to account for the presence of charged
particles in the Earth’s radiation belts and interplanetary
space. The trapped particles are taken into consideration
until the spacecraft reaches approximately 35 RE. The cal-
culation is stopped at this location, because the Lagrange
equations yield small eccentricities and the equation begins
to diverge. The TID estimate does not rely on this arbitrary
termination of the calculation to avoid the singularity,
because the spacecraft stays well outside the Earth’s outer
radiation belt at the stopping position. This point is illus-
trated in Fig. 5 by the sampling of the daily TID along
the transfer orbit for the thrust force of 0.0005 N/kg.
We use the AP-8/AE-8 (Vette, 1991) and JPL-91/Rosen-
qvist (Feynman et al., 1993; Rosenqvist et al., 2005) models
with conﬁdence levels of 50%, 84.1%, and 97.7%. These
levels correspond to the average, above 1r, and above 2r
average of the statistical analysis of the particle ﬂuences,
where r represents the standard deviation of the measure-
ments. The transportation of the diﬀerential ﬂuences com-
bined with the acquired shielding distributions of the
spacecraft ﬁnds the expected ionizing dose of approximate-
ly 2–8 krad (Si), 8–26 krad (Si), and 35–110 krad (Si) at
conﬁdence levels of 50.0%, 84.1%, and 97.7%, respectively,
for a thrust force of 0.0005 N/kg. Same calculation yields
1–4 krad (Si), 4–14 krad (Si), and 20–60 krad (Si) at conﬁ-
dence levels of 50.0%, 84.1%, and 97.7%, respectively, for
a thrust force of 0.001 N/kg. The number obtained in this
study indicates a feasibility of probing the Moon with a
3-U CubeSat with a reasonable conﬁdence, because
7–26 krad (Si) and 4–14 krad (Si) are found for a
conﬁdence level of 84.1% for 0.0005 N/kg and 0.001 N/kg,
respectively. These numbers do not decisively guarantee
1798 Y. Shin et al. / Advances in Space Research 55 (2015) 1792–1798or discard the possibility of conducting lunar exploration
with CubeSats in terms of TID, but it is noteworthy
that some commercial semi-conductors can withstand up
to  30 krad (Si) (see, for example, Holmes-Siedle and
Adams, 2007) if carefully chosen for application to space
missions. However, it still remains to be seen whether such
a high-eﬃciency thruster as that detailed in this analysis
can indeed be implemented on a tiny 3-U CubeSat
spacecraft for lunar exploration in the near future.
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